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PERFORMANCE OF HIGH MACH NUMBER SCRAMJETS - TUNNEL VS FLIGHT
Will O. Landsberg a∗, Dr. Vincent Wheatley b
Prof. Michael Smartc, Dr. Ananthanarayanan Veeraragavand
Centre for Hypersonics
The University of Queensland, Australia
While typically analysed through ground-based impulse facilities, scramjets experience significant heating loads in flight,
raising engine wall temperatures and the fuel used to cool them beyond standard laboratory conditions. Hence, the
present work numerically compares an access-to-space scramjet’s performance at both these conditions. The Mach 12
Rectangular-to-Elliptical Shape-Transitioning scramjet flow path is examined via three-dimensional and chemically re-
acting Reynolds-averaged Navier-Stokes solutions. Flight operation is modelled through 800 K and 1800 K inlet and
combustor walls respectively, while fuel is injected at both inlet- and combustor-based stations at 1000 K stagnation tem-
perature. Room temperature walls and fuel plena model shock tunnel conditions. Mixing and combustion performance
indicates that while flight conditions promote rapid mixing, high combustor temperatures inhibit the completion of reaction
pathways, with reactant dissociation reducing chemical heat release by 16%. However, the heated walls in flight ensured
28% less energy was absorbed by the walls. While inlet fuel injection promotes robust burning of combustor-injected fuel,
premature ignition upon the inlet in flight suggests these injectors should be moved further downstream. Coupled with
counteracting differences in heat release and loss to the walls, the optimal engine design for flight may differ considerably
from that which gives the best performance in the tunnel.
Keywords: Scramjet; Mach 12; Access-to-Space; Shock Tunnel; Flight Experiment
I 1. Introduction
While scramjets display improving technological readiness,
financial constraints limit many researchers to ground-based
impulse facilities [1] or numerical studies [2]. As Mach
number increases, however, increased working pressures
drive up the operational costs of reflected shock tunnels,
while turbulent mixing between the driver and test gas in-
terface reduces available test time [3]. These limitations
have restricted the Mach number regime of flight tests, with
the corresponding computational studies typically analysing
mid-range Mach number (5 ≤ M < 10) scramjets. These
have included the Mach 5 X-51A [4], the Mach 7 X-43A
[5] and the Mach 8 HyShot II [6] and HIFiRE 2 [7] ex-
periments. While a small subset of ground-based studies
examined high Mach number (M ≥ 10) scramjets [8, 9],
limited flight data exists for these engines. Restricted to the
Mach 10 X-43A flight experiment [10], the significant ex-
pense and difficulty of high Mach number flight tests have
driven the development of alternative tools to analyse steady
scramjet operation. Computational fluid dynamics (CFD) is
increasingly capable of fulfilling this role.
Simulations of mid-range Mach number flight experiments
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were subjected to extensive validation against shock tunnel
data prior to the flight tests [11, 12]. Post-flight computa-
tional analysis displayed good agreement between the nu-
merical studies and the steady flight data [13]. Further stud-
ies validated pre-flight predictions against flight data [10],
supporting CFD’s use as a scramjet design tool. As such, the
opportunity exists to extend CFD’s use to examine steady
flight operation of high Mach number scramjets in the ab-
sence of experimental flight data.
Under flight conditions, wall surfaces encounter substantial
thermal loads, with temperatures by necessity maintained
near material thermal limits. Compared to cold-walled
shock tunnel models, higher wall temperatures reduce en-
ergy loss through boundaries, while increasing the bound-
ary layer thickness [14]. Active cooling measures are likely
required to withstand these temperatures, with regenerative
cooling using the fuel a likely candidate. This technology
is in a mature state in rocket systems [15], and recently em-
ployed in the X-51 scramjet flight experiment [16]. It fol-
lows that injection of heated fuel will likely positively affect
engine performance by reducing ignition delay, while miti-
gating system energy loss [17].
This paper compares flow-field differences and performance
data of a scramjet operating within a shock tunnel environ-
ment, to one operating under steady flight. The Mach 12,
Rectangular-to-Elliptical Shape-Transitioning (M12REST)
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engine is examined as a case study. The REST inlet design
methodology in [18] was tailored to a Mach 12 engine, be-
fore being refined through a series of studies [2, 8, 9, 17, 19].
The engine is a candidate for an access-to-space, acceler-
ating engine when integrated to a hybrid rocket-scramjet-
rocket launch vehicle [20]. However, no flight data for the
high Mach number engine exists, nor have any numerical
studies examined its steady-state flight operation. The work
aims to provide a first numerical study to fill this gap.
II 2. Methodology
The internal flow path of the M12REST engine is shown
in Fig. 1. The three-dimensional (3D) engine’s lone
symmetry-plane is about the centreline axis. Most re-
cently examined in Landsberg et al. (2017) [2], an updated
M12REST flow path is simulated here. The model is a geo-
metric half scale of the original engine flow path, designed
for Mach 12 flight at 50 kPa dynamic pressure. The engine
has a total length of approximately 1275 mm, including a
500 mm forebody (omitted from Fig. 1), representative of
the vehicle underside. The inlet is 476.2 mm in length, with
a sidewall-to-sidewall capture width of 75 mm and becomes
fully closed 339.6 mm downstream of the leading edge. The
inlet achieves a geometric compression ratio of 6.61. 505.8
mm downstream of the inlet leading edge, shape-transition
is complete with an elliptical aspect ratio of 1.76. The com-
bustor begins following a short, 54.7 mm isolator. It main-
tains the same 430 mm2 cross-section as the isolator and
is inclined at 6◦ to the global streamwise direction, align-
ing the flow with the flight direction (the engine is inclined
at 6◦ angle-of-attack). A conical nozzle terminates the en-
gine, expanding the flow over 153.7 mm to a 10:1 area ratio
relative to the engine throat [17]. The absence of a thrust-
optimised nozzle ensures that reasonable comparisons of
the flow path’s thrust potential are beyond the scope of this
work.
Hydrogen fuel is injected via inlet- and combustor-based
stations. Inlet injection is achieved via three porthole in-
jectors, 2 mm in diameter and inclined at 45◦ to the local
wall normal. This injection location was chosen to max-
imise mixing length under shock tunnel conditions, provid-
ing a source of premixed fuel and radicals to accelerate com-
bustion downstream, whilst ensuring substantial premature
combustion induced pressure rise did not occur on the com-
pression surface [8]. Combustor-based fuel injection is fa-
cilitated by 5 porthole injectors, located 470 mm from the
leading edge. The centreline injector is 1mm in diameter,
while supplementary injectors are offset 45◦ and 70◦ from
the symmetry plane and sized 0.8mm and 0.6mm re-
spectively. All combustor-based injectors are inclined 30◦
to the local wall tangent vector, and the scheme takes ad-
vantage of flow field manipulation, as documented in [2].
II.i 2.1 Numerical Solver
3D solutions to the compressible Reynolds-averaged
Navier-Stokes (RANS) equations were computed using the
research flow solver, US3D. Developed at the University of
Minnesota [21], the solver is capable of solving structured,
unstructured and hybrid meshes; however this investigation
utilises structured meshes. US3D solves the RANS equa-
tions with a cell-centred finite volume scheme. A second-
order, hybrid routine performs inviscid flux calculations.
The solver uses the dissipative Stegar-Warming scheme in
zones of large gradients and discontinuities [22], before
swapping to a low dissipation scheme away from shocks and
ensuring smooth transitions between each. Viscous fluxes
are computed exactly using the MUSCL scheme on turbu-
lent viscosity and conserved variables. Species-specific vis-
cosity is determined through Blottner curve fits [23]. Solu-
tions are generated using the implicit time marching Data-
Parallel Point Relaxation method [24]. Turbulence was
evaluated using the one equation, Spalart-Allmaras model
[25], with initial turbulent viscosity set to be 3% of the
Sutherland viscosity, default in US3D. For brevity, only the
key numerical details of US3D are mentioned, and full de-
tails are given in [2, 21].
Scramjet flows with complex geometries have been previ-
ously simulated using US3D, with shocks, turbulence and
non-equilibrium thermochemistry resolved [8]. Simulations
of fuel injection into hypersonic cross-flows have been val-
idated against temperature maps derived from nitric ox-
ide planar laser-induced fluorescence measurements [26].
Turbulent variables were active from the forebody leading
edge, with the turbulent Schmidt and Prandtl numbers set
to 0.7 and 0.9 respectively. Prior simulations using these
parameters have compared well to experimental data in the
M12REST scramjet [8]. Solutions were run to converge the
root-mean squared residual by at least 7 orders of magni-
tude, achieving domain mass balances of
∑
m˙ < 1× 10−8
kg/s. Thermally perfect gas behaviour was set, with temper-
ature variant specific heat values taken from NASA Lewis
data [27]. Finite-rate chemical reactions were modelled us-
ing the 13 species, 33 reaction hydrogen-air combustion
mechanism of Jachimowski (1992) [28].
II.ii 2.2 Computational Meshes
A structured mesh of the full engine flow path was gen-
erated, with smooth cell density blending from complex
features such as leading edges and fuel injectors, to more
coarsely discretised areas in the engine centre line. Cells
were kept fine for approximately 30 jet diameters (D) down-
stream of fuel injectors. Viscous clustering was set to
achieve a wall adjacent cell height of 0.7 µm across all wall
boundaries, ensuring y+ remained below one through the
majority of the flow path. Where strong shock compression
and stagnated flow interacted (i.e. the cowl closure notch),
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Fig. 1: Baseline M12REST flow path geometry: Front (left) and side (main) views [dimensions given in mm]
maintaining y+ < 1 was not possible with the available re-
sources. However, this zone only affected 0.008% of the
inlet area and was assumed to have negligible impact on the
solution.
To ensure grid independence, three computational models
were examined: containing 9.9 million, 21.9 million and 42
million cells. All three meshes were run to convergence us-
ing the same inflow, fuelling and solver conditions, both for
the shock tunnel and flight representative conditions. Con-
vergence parameters included derived combustion and en-
trainment efficiencies (ηc, ηent) and total combustion heat
release (H˙), as well as mass-weighted average properties
of density ρ, temperature T , pressure p, and velocity U .
While displaying convergent behaviour, the variables were
not universally monotonic. For those variables displaying
monotonic convergence, the recommendations of Stern at
al. (2001) [29, 30] were followed with the calculated grid
convergence indices suggesting that the finest grid should
match the Richardson extrapolated value of an infinitely re-
fined grid to within 0.2%. For those displaying oscillatory
convergence, the method in [29] requires an additional so-
lution. Using an additional 29.5 million cell mesh, all non-
monotonically converging variables were estimated to be
within 1.05% of an infinitely refined mesh, with the major-
ity of variables converged to < 0.8%. This non-monotonic
behaviour is typical of hypersonic flows, where the solution
order becomes linear in the presence of shocks [31]. As
such, the solutions provided by the finest grid are assumed
to be grid independent, and are hence utilised in the remain-
der of the present work.
III 3. Tunnel vs Flight - Flow & Model Conditions
Model inflow conditions were based on those produced in
the University of Queensland’s, T4 Stalker tube reflected
shock tunnel. Experimental validation of the M12REST
flow path was performed by Wise (2015) [9], with condi-
tions set to match Mach 12 flight. These conditions as-
sumed the inlet was integrated to the vehicle forebody and
Table 1: Freestream inflow conditions
Parameter Shocktunnel
Flight
representative
Equivalent
flight
M 9.183 9.183 11.75
H , MJ/kg 7.01 7.01 7.01
U , m/s 3630 3630 3678
T , K 386.8 386.8 243.71
ρ, g/m3 10.51 10.51 5.69
p, Pa 1177 1177 398.7
q, kPa 69.23 69.23 38.55
Y N2 0.7285 0.767 0.767
Y O2 0.1837 0.233 0.233
Y NO 0.08273 0 0
Y O 0.005102 0 0
Altitude, km - - 37.38
inclined at 6◦ to the flight path angle; however an additional
1.6◦ angle-of-attack was given to the experimental model
and numerical inflow to ensure the incoming Mach number
matched the on-design conditions. The properties in Table 1
were developed using UQ’s in-house code, NENZFr, which
expands the nozzle supply pressure through T4’s Mach 10
nozzle geometry in thermochemical non-equilibrium using
a 5 species finite-rate air chemistry model [32]. As little
flow stagnation occurs in flight, flight simulation species
mass fractions were set based on a 3.76/1 by mole fraction
N2/O2 atmosphere. Remaining fluid properties were left un-
changed, allowing direct comparisons to be made.
To model shock tunnel research, non-slip, 300 K isother-
mal wall boundaries were imposed, as millisecond-scale test
times result in negligible temperature increases. While pre-
vious studies analysing steady flight operation have used
adiabatic walls [12], it is expected that combustion cham-
ber temperatures experienced in Mach 12 flight would ex-
ceed typical material thermal limits. With this noted, flight
forebody and inlet wall temperatures were set to be isother-
mal at 800 K, which has been demonstrated to not induce
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Fig. 2: Inlet temperature contours
premature combustion of intake injected fuel [33]. Down-
stream of the cowl closure, wall temperature is ramped in
proportion to the inlet area contraction to reach 1800 K by
the combustor entrance, holding these combustor and noz-
zle walls at the upper operational limit of ceramic matrix
composites such as carbon fibre reinforced silicon carbide
(C/C-SiC) [34].
Fuel injection is facilitated by both inlet- and combustor-
based injectors. Previous experimental and numerical vali-
dations have shown good performance injecting hydrogen at
a 30/70 ratio of inlet/combustor injectors, for a total equiv-
alence ratio of φ = 1.26 [17]. This fuelling ratio is main-
tained in the flight case, requiring 21% more fuel due to the
absence of inflow NO which reduces the oxygen available
for combustion under shock tunnel conditions. Shock tun-
nel fuel injection velocity and temperature were assumed
sonic, corresponding to isentropic expansion from 300 K
stagnation conditions. Under flight conditions, it is assumed
the fuel is used as the primary regenerative coolant, being
heated from cryogenic liquid to 1000 K. This corresponds
to proposed coolant exit temperatures in the literature which
reference values 890-1050 K [35, 36], with it assumed that
Mach 12 flight would require the maximum cooling capac-
ity available. To heat liquid hydrogen to these conditions
would require 14.53 MJ/kg [37], providing approximately
31 kW of full-engine cooling capacity under flight-level fu-
elling rates. Future studies can consider this using full con-
jugate heat transfer [38], once the exact requirements of the
cooling of the hot surfaces are better understood. As pre-
viously, fuel injection velocity and temperature were deter-
mined using isentropic expansion to sonic conditions, this
time from 1000 K stagnation temperature. Fuelling rates
are given in Table 2, with rates given for engine half-plane
which was simulated. All subsequent references to fuelling
rates and combustion heat release are given for the engine
half-plane.
Table 2: Fuelling conditions
Parameter Shock Tunnel Case Flight Case
m˙, g/s φ m˙, g/s φ
Total 1.749 1.26 2.112 1.26
Inlet-based 0.503 0.36 0.607 0.36
Combustor-based 1.246 0.90 1.505 0.90
IV 4. Results & Discussion
IV.i 4.1 Flow Field Contours
Contours of temperature through the inlet are given in Fig. 2.
The beginning of the inlet is quasi-two-dimensional, with
the thick boundary layer developed over the vehicle fore-
body evident in each case. Immediately, prior to the inlet-
based fuel injectors, the boundary layer has thickened to
12.3 mm in the flight conditions (FL) case, increasing by
10% when compared to the 11.2 mm encountered in the
shock tunnel (ST) case. This boundary layer thickening is
expected for models with heated walls [14]. To examine fuel
jet penetration, the total vertical displacement of the fuel jet
from the bodyside wall at the cowl closure location is ex-
amined, setting the penetration limit at the location where
the hydrogen fuel reaches the stoichiometric hydrogen-air
combustion mass fraction. The thickened boundary layer
combines with the increased dynamic pressure of the heated
fuel jet [17] to increase fuel penetration to 13.2 mm, by
IAC–17–C4.9.16 Page 4 of 11
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Fig. 3: Inlet hydroxyl radical (OH) contours
cowl closure, compared to the 10.5 mm achieved by the ST
case. This increased jet penetration for the FL case is evi-
dent in Fig. 2b, with the jets expanding to a greater extent
than those in the ST case in the slice immediately down-
stream of the inlet-based fuel injectors. The heated walls
further influence the flow, with the reduced heat loss en-
suring the mass-weighted temperature and pressure at the
combustor entrance reach 1910 K and 105 kPa respectively.
This represents increases from the ST case of 13% and 47%
for temperature and pressure respectively, with the ST case
only reaching 1690 K and 71.2 kPa. As temperature and
pressure tend to dominate ignition characteristics, the hy-
droxyl radical (OH, indicative of hydrogen ignition in air) is
examined in Fig. 3.
T [K]
0 30001500 Combustor
entrance
a) Shock tunnel conditions
T [K]
0 30001500 Combustor
entrance
b) Flight conditions
Fig. 4: Combustor temperature contours
In each case, no OH radicals are observed outside of the
bodyside boundary layer flow prior to combustor-based fuel
injection, confirming the observations in prior work [8]. It is
not until additional fuel is injected further downstream that
the cowlside core flow of air is able to mix and react with
fuel. While prior works examining different scramjet ge-
ometries have indicated that little ignition of inlet-injected
fuel occurs prior to the combustor [33], the strong cowl clo-
sure shock impinges on the fuel-rich, bodyside boundary
layer and ignites the fuel. Under shock tunnel conditions,
this ignition process induces marginal drag increases, while
providing a source of premixed fuel and combustion radi-
cals to pilot combustion of fuel injected further downstream
[8]. Under flight conditions however, this influence is more
substantial. As shown in Fig. 3, the ignition of fuel oc-
curs further upstream than the cowl closure shock impinge-
ment location, with its subsequent impingement inciting ro-
bust combustion and OH radical formation. While previous
works have concluded that only marginal OH formation oc-
curs within a scramjet whose inlet temperature reaches up
to 700K [39], in these studies, the hydrogen fuel penetrated
well beyond the high temperature, boundary layer. As the
inlet fuel injectors in the M12REST engine do not in fact
penetrate through this bodyside boundary layer, the high
temperatures experienced therein may accelerate the com-
bustion processes, with the reduced ignition delay promot-
ing premature ignition. Hence, this may indicate that the in-
let fuel injectors should be moved further downstream when
the scramjet is operating under flight-representative condi-
tions, ensuring the degree of combustion upon the compres-
sion surface is reduced. The combustor and nozzle temper-
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a) Shock tunnel conditions
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b) Flight conditions
Fig. 5: Combustor water (H2O) contours
ature contours are hence shown in Fig. 4.
The FL case experiences increased temperature throughout
the isolator and combustor. This is not unexpected, however
the extent to which it increases is of note. At locations of
shock impingement, localised regions of gas exceed 3000
K, while by the combustor exit the entire cross-section ap-
proaches this limit. This greatly exceeds the 2500 K thresh-
old indicated by Kutschenreuter (2000) [40], at which the
obtainable net combustion heat release begins to rapidly di-
minish. By comparison, the ST case maintains more reason-
able temperatures within the 2000-2500 K range. While OH
is indicative of ignition and combustion, combustion rad-
icals must be permitted to recombine to H2O to complete
the H2-O2 reaction process and ensure all available heat of
combustion is delivered to the flow [41]. Hence, contours of
H2O are shown in Fig. 5.
When examining water vapour contours, it is important to
note that the inflow conditions govern the final water mass
fraction which would be achieved should the mixture reach
chemical and diffusive equilibrium. Under flight conditions,
with a 3.76/1, N2/O2 atmosphere and hydrogen fuel injec-
tion at φ =1.26, complete combustion with chemical and
diffusive equilibrium would yield Y H2O ≈ 0.25. Under
shock tunnel conditions, the facility reflected shock disso-
ciates some of the test flow, which is then chemically frozen
as it expands through the facility nozzle and over the exper-
imental model. Hence, the oxidisers are O2 and O, while
oxygen contained within NO is assumed to be lost to the
reaction pathways. Hence, using the mass fractions of the
oxidisers given in Table. 1, the equilibrium water content
is Y H2O ≈ 0.21. Shown in Fig. 5, the ST case achieves a
greater relative proportion of H2O than the FL case as the
flow expands through the engine nozzle. This indicates that
the flow conditions in the ST case are more conducive to the
final recombination reactions, permitting the H2-O2 com-
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Fig. 6: Average streamwise temperature and pressure
bustion process to proceed to completion.
IV.ii 4.2 Average Flow Properties
It is hypothesised that high temperatures within the FL com-
bustor and nozzle are preventing recombination of combus-
tion products. To examine this quantitatively, the mass-
weighted average temperature and pressure for each case
are given in Fig. 6, with the location of combustor-based
fuel injection (H2,comb) also indicated.
As previously indicated, prior studies have indicated that
significant performance losses are incurred when H2-O2
combustion temperatures exceed 2500 K [40]. The ST case
reaches this threshold only momentarily before the temper-
ature relaxes as it expands through the nozzle, and the com-
bustor mean temperature remains at 2330 K. The FL case,
however, exceeds this limit for approximately 80 mm (4.6
combustor heights, hcomb), from the station at 560 mm to
the station at 640 mm. With a peak combustor tempera-
ture of 2830 K and combustor mean temperature of 2591
K, significant reductions in total extractable heat are to be
expected. Examining pressure, the FL case exceeds the ST
case throughout the entire combustor, with a mean of 127
kPa (compared to 100 kPa for the ST case). While higher
pressures will increase combustion rates, system efficiency
will reduce. Smart (2012) [42] determined that ideal scram-
jet performance is attained when combustor entry pressure
remains at approximately 50 kPa. With each case’s mean
combustor pressure exceeding this limit, performance im-
provements may be attained with a lower contraction ratio
inlet. The necessary contraction ratio reduction would be
amplified for a scramjet operating in steady flight; however
it is noted that a full scale engine would be used in flight,
and the larger size would likely affect the combustor en-
trance conditions.
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IV.iii 4.3 Mixing & Combustion Performance
Mixing and combustion performance under both shock tun-
nel and flight conditions are examined. The RANS simula-
tions performed do not track scalar variance, and hence the
time-averaged solution is used to calculate a macroscopic
entrainment efficiency, ηent, in place of a ‘mixing’ efficiency
[43]. This is determined by taking the ratio of mixed oxy-
genb (the limiting reactant for the fuel-rich simulations per-
formed), to the total oxygen present. The set of equations
is shown in Eq. (1) and (2), with integrals performed over
cross-planes at streamwise locations x.
ηent(x) =
m˙O2,mix (x)
m˙O2,total (x)
=
∫
YRρUdA∫
YO2ρUdA
, (1)
YR =
{
YO2 if YO2 ≤ YO2,stoich
YO2,stoich
1−YO2
1−YO2,stoich
if YO2 > YO2,stoich
(2)
This set of inequalities evaluates the mass fraction of oxy-
gen contained within each cell, in each streamwise-plane,
and if it is less than that necessary to achieve stoichiomet-
ric combustion with the hydrogen present in that cell (i.e. at
fuel-rich conditions), the full mass fraction of oxygen within
that cell is considered mixed. If the cell is fuel-lean however,
the mass fraction of oxygen necessary to react stoichiomet-
rically with the available hydrogen is determined. This new
value of oxygen is, by definition, less than the total oxygen
present within that cell. This calculation is performed for
each cell in the current plane, and the ratio between the in-
tegrated values of mixed and total oxygen mass flow rates
represents the entrainment efficiency, as in Eq. (1).
For the fuel-rich simulations performed, combustion effi-
ciency refers to the ratio of oxygen-mass which is fully re-
acted to completion (i.e. present in H2O), and the total oxy-
gen captured by the inlet. This is shown in Eq. (3).
ηc(x) =
0.8881m˙H2O
m˙O2,total
, (3)
In both entrainment and combustion efficiency calculations,
nitrogen bound species (e.g. NO) are excluded from the
calculations as it is deemed inaccessible to hydrogen-based
reactions [17]. Efficiencies are shown varying with stream-
wise distance from the inlet leading edge in Fig. 7. The
locations of inlet-based (H2,inlet) and combustor-based fuel
injection (H2,comb) are also indicated.
The FL case achieves a greater degree of mixing through-
out the entire domain. By the nozzle outflow plane, the
FL case achieves 99.6%, compared to 98.0% for the ST
case. While only a marginal increase, the FL case exceeds
80% mixing efficiency prior to the combustion chamber en-
trance, whereas the ST case requires an additional 1.2hcomb
bMixed refers to the mass flow rate of O2 which would react with the
available hydrogen under infinitely fast chemistry conditions.
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Fig. 7: Entrainment and combustion efficiency
to reach parity. This reduction in mixing length may per-
mit a shorter combustion chamber, or reduced inlet-fuelling
ratio for flight operation.
Combustion performance does not follow these trends.
While the freestream radicals in shock tunnel conditions
may accelerate ignition of fuel, the radical-free flow in
the FL case initially achieves a greater degree of combus-
tion. However, this drops below the ST case just 1hcomb
downstream of the combustor entrance. The ST case hence
achieved 80% combustion efficiency (the nominal threshold
proposed by Smart [42] to achieve net thrust during flight)
6.2hcomb upstream of the nozzle exit, while the FL case only
achieves 79.9% at the nozzle exit. This phenomena is likely
due to high combustor and nozzle temperatures dissociat-
ing the flow and preventing the reactions from proceeding
to completion, restricting the production of H2O.
IV.iv 4.4 Combustion Heat Release
While combustion efficiency is conventionally used to anal-
yse engine performance, energy addition to the flow is the
primary goal of combustion. Heat release to the flow may be
analysed by summing the product of species formation rates
(ws, units kg/[s·m3]) and their corresponding enthalpies of
formation (∆Hf, J/kg). When performed for each species
present in the Jachimowski (1992) hydrogen-air reaction
mechanism [28], the summation of each cell’s local value
across streamwise slices gives the instantaneous heat release
rate through the flow path in kW/m, which may be inte-
grated through the flow path to determine the cumulative
heat release (in kW), as shown in Fig. 8.
H˙ =
n∑
i
(ws,i ×∆Hf,i) , (4)
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Fig. 8: Cumulative heat release
The ST case reaches 111 kW by the engine exit plane, dis-
playing markedly increased heat release over the FL case
which achieved 95 kW. This reduced heat release is likely
due to the reduced recombination of combustion radicals
to the final products, combining with the combustor tem-
peratures which exceeded 2500 K [40]. To examine this,
species-specific cumulative heat release (or absorption in
the case of negative values) are given in Fig. 9. These are
given for species for which the net heat release/absorption
exceeds 1 mW, and are specific to the Jachimowski (1992)
[28] combustion mechanism utilised in this study.
While the H2O-specific heat release for the FL case exceeds
that achieved for the ST case, the greater proportion of heat
absorbed by the atomic hydrogen and oxygen combustion
products ensure that the total heat release is curtailed be-
low that achieved by the ST case. It is noted that, with
no freestream oxygen contained in NO and the increased
fulling rate required, the FL case would be expected to re-
lease more heat to the flow. As this is not achieved, it in-
dicates that the flow path geometry and/or fuelling schemes
must be altered to improve operation under steady-flight.
IV.v 4.5 Heat Loads
While achieving improvements in system performance un-
der flight representative conditions, the heated walls are ex-
pected to experience significantly reduced heat transfer. In-
tegrated heat loads for the full internal flow path for both
unfuelled and fuelled, ST and FL cases are hence presented
in Table 3. It is noted however that the FL case wall temper-
ature was set based upon the fuelled flow path, and hence the
unfuelled FL case is not expected to reach the same temper-
atures. As such, the unfuelled FL case was set to maintain
wall temperatures of 800 K throughout the entire flow path.
The fuelled ST case experiences 38.9% greater heat trans-
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Fig. 9: Species-specific cumulative heat release
fer than the unfuelled ST case, while the unfuelled FL case
experiences the least heat transfer. The fuelled FL case en-
counters similar heat transfer to the unfuelled ST case; how-
ever, the split between inlet/combustor of 51/49 differs from
the 58/42 split for the unfuelled ST case. Comparing each
fuelled simulation, the FL case suffers 27.7% less heat trans-
fer than the ST case. While the 73.73 kW of heat transfer
for the FL case exceeds the 31 kW cooling capacity avail-
able from the hydrogen fuel, the remaining heat loads may
be manageable by other measures. It is noted that, in addi-
tion to conduction dispersing heat throughout the airframe
(which could be investigated using conjugate heat transfer
solvers [38]), RANS-based CFD is known to over predict
heat transfer in scramjet engines (when compared to large
eddy simulation techniques [44]) and hence, the true heat-
ing loads may be lower than those indicated in Table 3.
Table 3: Heating loads
Flow case Heat load (kW) NormalisedInlet Comb. Total total
ST unfuelled 42.59 30.83 73.42 1.000
ST fuelled 45.65 56.34 101.99 1.389
FL unfuelled 37.37 28.19 65.56 0.893
FL fuelled 37.88 35.85 73.73 1.004
V 5. Conclusion
The present study numerically compares the performance
of a Mach 12, shape-transitioning scramjet when operating
under conditions characteristic of impulse facilities, to its
performance under steady-flight operation. The flight rep-
resentative case experienced thickened forebody boundary
layers, while the increased fuel temperature improved its jet
penetration upon the inlet. Aided by elevated fuel and wall
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temperatures, the reduced ignition delay encountered in the
flight case induced premature ignition, with significant OH
production occurring further upstream than in the shock tun-
nel case. As the inlet-based fuel injectors were designed for
shock tunnel experiments, the flight case may benefit from
these injectors being moved further downstream.
Following secondary fuel injection at the combustor, the
flight case maintained greater temperatures throughout the
combustor. Too high for complete and efficient combustion
to proceed, these temperatures impaired the recombination
of combustion radicals. Despite improved mixing rates and
a greater gross-rate of heat release due to water formation,
the high temperatures encountered in the flight case ensured
much of this heat was absorbed through the dissociation of
reactants. Hence, 16.4% more net-heat was released in the
shock tunnel case. However, the increased scramjet wall
temperature for the flight case ensured 27.7% less heat was
absorbed by the flow path walls. With these counteracting
changes in heat release and transfer, these findings suggest
that optimal engine design for flight may differ considerably
from that which gives the best performance in the tunnel.
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• Scramjets experience heating loads in flight, raising engine wall temperatures  
• Operation under both shock tunnel and flight conditions is compared numerically  
• Inlet fuel injection promotes mixing, but triggers premature ignition in flight  
• Reduced combustion heat release and loss to the walls is encountered in flight 
• Optimal flight engine design may differ greatly from optimal shock tunnel design 
